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FOREWORD 

Presented herein are the results of wind tunnel tests of a 
.094 scale model of a modified T-39 Lift/cruise Fan V/STOL 
research airplane. The tests were conducted by the Boeing 
Military Airplane Development organization of the Boeing 
Aerospace Company to define the general aerodynamic 
characteristics of the modified T-39 in ground effects anc to 
determine the effectiveness of the ailerons, rudder and yaw 
control vanes. The model was powered by three 13.97 (5.5 inch) 

diameter tip driven turbopowc-red simulators. It was tested in 
four configurations, namely VTOL, STOL, CTOL and loiter. Test 
variables included: Thrust level, forward speed, model pitch and 
sideslip angle, and ground height. Static tests were conducted 
in the Boeing Static Checkout Facilities while forward speed 
tests were conducted in the Boeing 9* Lowspeed Wind Tunnel. 
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SUMMARY 


wind tunnel tests of a .094 scale powered model of a modified 
T-39 Lift/Cruise Fan V/STOL research airplane have been 
conducted. The tests were run concurrently with a similar test 
program completed under a NASA contract (Reference 1) using the 
model developed under that contract. The model was powered by 
three 14cm (5.5 inch) turbopowered simulators. It was tested 
primarily in two configurations: a VTOL configuration with flaps 
deployed, gear down, and lift/cruise far. nacelles tilted to 8C°, 
9C° and 95°; and in an STOL configuration which differed from the 
VTOL configuration primarily in that the lift/cruise fans were 
tilted to 50°. Additional tests were conducted with the basic 
wing-body-tail combination (nacelles-off) . 

The tests were principally to determine the ground effects 
upon the VTOL and STOL configurations at forward speeds and to 
determine the effectiveness of the aerodynamic controls. Tests 
were conducted from zero forward speeds to 31 m/sec (50 knots) 
with the VTOL configuration and from 33 m/sec (65 knots) to 46 
m/s ec (90 knots) with the STOL configuration. Other test 
variables included model pitch, yaw, ground height and thrust. 
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The following characteristics of the VTOL configuration ir 
ground effect were determined: 

• Differential thrust (side-to-side) , simulating roll control 
during hover produced induced rolling moments which opposed 
the thrust control power at model heights of 1.4 wing chords 
and above, and augmented the thrust control near the ground. 

• The landing gear produced a 1* lift-loss. 

• When the horizontal tail was set to zero degrees, a down load 
on the tail was produced. Removing the tail resulted in a 2% 
lift increase. 

• The yaw vanes produced only 50% of the desired yawing moment 
during hover which remained constant up to 15.44 msec (30 
knots) but diminished with increased speed at ground heights 
above 1.5 chords. 

The STO configuration during ground roll conditions exhibited 
longitudinal stability which was degraded by height (up to four 
chord lengths) . The lift at gear contact and at a height of four 
chords compared well with free air data but dropped off 
approximately 20% at a height of one chord. Horizontal tail 
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effectiveness was comparable with free-air data at a height of 
four chord lengths but was reduced 50* at gear contact. 

When out of ground effect the STOL configuration (A = 50°) 
exhibited aileron effectiveness which produced adequate rolling 
moments for the desired angular acceleration. The rudder, 
however, did not produce an adequate yawing moment. 
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1.0 INTRODUCTION 

Wind tunnel tests have been conducted using a .094 scale 
powered model of a modified T-39 V/STOL research airplane, which 
was designed to provide a technology base for a Navy type 'A' ' 

V/STOL airplane. The tests were primarily to determine ground 
effects and the effectiveness of the aerodynamic control 
surfaces. 

STO lift-off speeds and hence the length of the takeoff 
ground roll are impacted by grouni effects; also impacted is the 
stability during hover over a moving ships deck. Control 
effectiveness is of particular interest for V/STOL development 
because of the diminishing dynamic pressure as the configuration 
utilizes more propulsive lift. 

The tests were conducted concurrently with another program: 
NASA contract NAS2-9178, titled "Design and Fabrication of a 
Lift/Cruise Fan V/STOL Model for wind Tunnel Tests", and used the 
model developed under that contract. 

Static ground tests were conducted in the Boeing Static 
Checkout Facilities while tests at forward speeds were conducted 
in the Boeing 9' Low Speed Wind Tunnel. 


4 



Three Iucm (5.5 inch) turbopowered simulators were used to 
power the model which was tested primarily in two 
configurations: 

• VTOL with flaps depl <yed, gear down, and engines tilted to 
80°, 90° and 95°. 

• STOL with flap 6 gear down and engines tilted to 50°. 

• Loiter with flaps and gear up and L/C nacelles off. 

Data acquired during the tests are included as an appendix to 
this report while the report itself focuses on data analysis. 
Results of the contract test program which was run concurrently 
are presented in Reference 1. 


5 



2.0 NOMENCLATUFE 

Capital letters are generally used for symbols to be 
compatible with the computer plotted results of the Appendix. 
The stability axis coefficients and ratios in the following list 
are related to aerodynamic forces and moments, where the direct 
thrust and ram forces and moments .have been removed; a detailed 
description of the data reduction procedure is given in Reference 
1 . 


A 

aerodynamic 

(direct thrust and ram removed) 

CLA 

aerodynamic 

lift coefficient = LA/QS 


CDA 

aerodynamic 

drag coefficient = DA/QS 


CPMA 

aerodynamic 

pitching moment coefficient 

= PMA/QS 

CSFA 

aerodyna mic 

side force coefficient = SFA/QS 

CYMA 

aerodynamic 

yawing moment coefficient - 

YMA/QS 

CPMA 

aerodynamic 

rolling moment coefficient 

= RMA/QS 

LA/FGT 

aerodynamic 

lift ratio 


DA/FGT 

aerodynamic 

irag ratio 


PMA/FGTXC 

aerodynamic 

pitching moment ratio 


S FA/ FGT 

aerodynamic 

side force ratio 


YMA/FGTXB 

aerodynamic 

yawing moment ratio 


FMA/FGTXB 

aerodynamic 

rolling moment ratio 


C 

aerodynamic 

mean chord 


CJ 

thrust coefficient - FG/QS 
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D 

FGT 


HGT 


HGT/C 

L 

PM 

Q 

It*. 

s 

SF 

V/V 

YM 

O, ALPHA 
8, BETA 
A, LAMBDA 
6A 

s 

6R 


drag. Newtons (pounds) 

total gross tnrust of all three propulsion units. 
FGA, FGB and FGC represent the gross thrust of 
each individual p.opulsicn unit. Newtons (pounds) 
height of mouel reference point above ground plane 
(see Figure 1) , meters (inches) 
model ground height -to- chord ratio 
lift. Newtons (pounds) 

pitching moment, Newton meters (ft-lbs) 
wind tunnel test section dynamic pressure. 
Newtons/meters 2 (psf) 

rcllxng moments, Nawtor. meters (ft-lbs) 
wing reference area, meters 2 (ft 2 ) 
side force. Newtons (pounds) 

ratio of freestream velocity to fan efflux velocity 

yawing moment, Newton meters (ft-lbs) 

angle of attack of body axis, degrees 

angle of sideslip of body axss, degrees 

lift/cruise fan tilt angle relative to oody axis 

aileron angle (positive: T/Eup) 

horizontal tail angle (positive: L/E up) 

rudder angle (positive: left rudder, T/E to port) 
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3.C TEST PROGRAM 


3.1 Model Description 

The .094 scale model represented a V/STOL technology 

demonstrator airplane based on a modified T-39 (Model 1041- 135- 2R 
of Reference 2) . The modifications included: 

• Expanding the forebody to house a lift fan 

• Replacing the T-39 engine pods with tilting lift/cruise 
fan pods 

• Raising the stabilizer to a T-tail position 

• Replacing the gear with A-4 gear 

• Adding a flap door to provide clearance for the lift/cruise 
fan efflux when the nacelles are tilted to the hover 
position. 

A photograph. Figure 1 , gives a general view of the model in 
VTOL configuration (A - 90°) mounted in the static test facility. 
Figure 2 shows the model in STOL configuration (A = 50°) mounted 
in the Propulsion Low Speed wind Tunnel. The model was supported 
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on a six-component, strain-gauged "flow through" balance which is 
illustrated on Figure 3 and discussed in Reference 3. 

Figure 4 shows the model in its various configurations and 
gives the principal dimensions. The top view depicts the CTOL 
configuration, with the nacelles at X = 0° and the front fan 
doors open; the side view depicts a vtol configuration, showing 
the nacelles at X = 90°. The flaps and flap doors are shown 
extended in the VTOL configuration. 

Three "Technology Development Inc." 14 cm (5.5 inch) diameter 
tip driven fans were used to simulate the propulsion system. One 
of these units is shown, disassembled, in Figure 5 and a 
description is found in Reference 4. The units were furnished by 
NASA for this test program. 

Each fan -#as rated at 35000 RPM with a design fan pressure 
ratio of 1.25. At this rating each had a fan airflow of 2.5 
kg/sec (5.55 lbs/sec) and used .5 kg/sec (1.1 lbs/sec) of drive 
air. For the purpose of this test, they were operated up to a 
maximum of 30C0G RPM. The drive air was supplied to the model at 
41.4 bars (600 psig) and heated to 71°C ('.60°F) to prevent icing 
at the turbine exit. Remotely controlled valves and critical- 
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flow venturi meters located within the model were used to control 
and monitor the airflow to each individual fan (Figure 6). 

The high pressure air supplied to the L/C nacelles was 
divided into two portions, one pa, c for driving the fan and the 
other for simulating the primary exhaust efflux. Since both 
portions were always choked the simulated primary weight flow 
varied in direct proportion to the fan supply weignt flow. The 
primary air was passed through a choke plate and screens, to 
obtain a uniform total pressure distribution and representative 
pressure ratio, before exhausting from the primary nozzles. 
Figure 7 shows details of the lift/cruise nacelle assembly. Each 
nacelle can be pre-set to various tilt positions, representing 
various flight configurations. A serrated interconnection 
allowed angular settings in increments of 5°. The limits of 
angular rotation were determined by instrumentation cables and 
tubes which were routed out of the nacelle around the periphery 
of this connection. This allowed rotation from X = 0° (aligned 
with the model axis) to X = 105 C , about a pivot point located at 
fuselage station 82.93 cm (32.65 inches) and water line 30.53 cm 
(12.02 inches). 

The external lines of the nacelle were generated to represent 
those of the technology demonstrator having Allison PD 370-16 
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engines installed. The model scale was determined by the fan 
exit area; the scale factor (.0 94) being the square root of the 
ratio of model fan to full scale fan exit area. A more complete 
description of the design process is included in Appendix "B H of 
Reference 1, which describes how the inlet contours were chosen 
and gives details of the nacelle ordinates. The external cross- 
section of the core engine nozzle cowl was elliptical as 
indicated by the shading in Figure 7. This was done on the 
assumption that the engine accessories could be distributed 
between the top and bottom of the core engine. 

Each nacelle was instrumented with total pressure rakes aft 
of the fans and near the exits of the core engine simulator as 
well as total temperature probes and static pressure orifices. 
The nacelles were also instrumented with inlet total pressure 
probes and static orifices. The locations of the pressure and 
temperature instrumentation are illustrated in Figure 7, and 
described in further detail in Reference 1. 

Yaw vanes were located at the fan nozzle exit for thrust 
deflection and are shown in their undeflected position in Figure 
7. The vane chord was 35. 56 cm (14 in) full scale and its 
section was that of a NACA 00 1 ? airfoil. The pivot point was at 
10% of vane chord with the vane leading edge located at the fan 
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exhaust f lane. Deflection angles of ±10°, and t20° were 
provided. 

Fairings were used to cover the Lif c/Cruise Fan nacelle 
pivots, instrumentation connections and air supply lines. These 
fairings were not completely representative of the full scale 
airplane. Part of each fairing was attached to, and rotated 
with, the nacelle and part was attached to the fuselage. These 
fairings are shown detailed in Figure 8. In order to determine 
the aerodynamic effect of the fairing attached to the nacelle, it 
was removed for one test and the leading edges of the nacelle 
fittings were faired with modelling clay as shown in Figure 8. 
Results of this comparison was reported in Feference 1. 

Details of the nose fan installation are given in Figure 9. 
The nose fan was located as low in the fuselage as possible in 
order to allow length for development of the inlet contours. The 
fuselage forebody was hand-worked to provide the desired inlet 
shape. Sections of the inlet are presented in Appendix "s" of 
Feference 1. 

The nose fan inlet doors, which when closed rorm the upper 
surface of the airplane nose, are shown diagrammatically on 
Figure 9 in the open and closed positions. When the doors were 
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in the open position, they were stowed at the sides of the 
fuselage as shown. Parts were provided to test both open and 
closed configurations. 

The nose fan exit doors which, when open, could be deflected 
to provide thrust vectoring for yaw control are shown in the open 
position in Figure 9. The outboard doors opened towards the 
airplane plane of symmetry and the inboard doors opened from the 
plane outwards to form the projections shown. A disc was 
provided to fair and seal the exit when a "door-closed" 
configuration was tested. 

The basic T-39 model airframe was defined in accordance with 
the Saberliner Specifications Document (Reference 5) with 
additional consideration of measurements taken from a full scale 
T-39. Wing and tail planforms and section definitions are 
presented in Figures 10 and 11. The model wing was positioned 
. 38 cm (.15 inches) lower relative to the fuselage than full 
scale airplane definitions indicated. This had the effect of 
increasing the body depth in the vicinity of the wing and was 
done to provide more space within the model for structure and 
instrumentation. The wing dihedral was 3.15°. The wing was 
twisted linearly from zero incidence at the root to -2.9° at the 
construction tip. The tip of the vertical fin was modified to 
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support the horizontal stabilizer. A NACA-0010 airfoil section 
was used for the vertical fin. The airfoil section of the all 
new horizontal stabilizer varied linearly from a NACA-0010 
airfoil at the tip to a NACA-0015 airfoil at *he root. The 
stabilizer had an anhedral of 9°. 

The basic high lift system (i.e., slats and flaps) were 
positioned in accordance with measurements of a full scale 
airplane in their fully deployed position. The slats and flaps 
were unchanged throughout the test with the exception of tests of 
the loiter configuration at which time the slats and flaps were 
nested. The flap doors, designed to provide clearance for the 
lift/cruise fan efflux, were deflected for tests of the hover 
configuration when A was 90° or greater and retracted for all 
other tests. Details of the flap and slat geometry are shown on 
Figure 11. 

The model was equipped with ailerons and rudder. The aileron 
hinge line of the T-39 is such as to provide aerodynamic balance 
as shown in Figure 11. The rudder hinge line was located at the 
center of it. leading edqe radius. 

No transition grit was used on the model for any of the tests 
reported herein. 
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3.2 Test Facilities 

• Flight Simulation Chamber (FSC) 

Preliminary calibrations of the model fans were conducted ir. 
the Boeing Wind Tunnel Flight Simulation Chamber. The facility 
includes thrust and mass flow measuring systems and allows for 
variation of back pressure by means of evacuating the chamber 
into which the thrust simulator discharges. A schematic of the 
chamber is shown in Figure 12. A detailed description of the 
facility is presented in Reference 6. 

• Static Checkout Area 

All of the static hover tests were conducted in this 
facility. The primary use of this area is for checkout of models 
being prepared for tests in the Boeing Transonic Wind Tunnel. 
This facility is essentially a 8.5m X 12.2m by 4.0m high room (28 
ft X 40 ft X 13 ft), as shown in Figure 13, equipped with a model 
support system providing for pitch and vertical translation of 
sting mounted models. The model is controlled from an adjacent 
control room with visibility provided by both a window and closed 
circuit television. Instrumentation outputs are carried to the 
Boeing Supersonic Wind Tunnel Data System by means of a permanent 
hardwired interconnect. Both on-line and final data reduction 
are accomplished by the wind tunnel central computing system. 
The model was installed in approximately the center of the room 
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with the model axis aligned with the longer (12.2m) room 
dimension. The room i locr served as the ground plane. 

• 9' X 9' Propulsion Low Speed Wind Tunnel-B 

The wind tunnel testing was conducted in the Low Speed Wind 
Tunnel located at the Propulsion Laboratories' North Boeing Field 
Test Complex. The 9' X 9' LSWT-B is an open circuit wind tunnel 
which draws air directly from the atmosphere through a test 
section 2.591 meters (102 inches) high by 2.t67 meters (105 

inches) wide. A schematic of the tunnel is shown on Figure 14. 
The tunnel is powered by an Allison model 501-D13 gas turbine 
engine using a variable pitch propellor. Flow straignteners and 
screens are located in the tunnel inlet to minimize the effect 
that atmospheric wind conditions have on the tunnel flow profile. 
Tunnel velocities can be varied from 0 to approximately 180 
knots. The tunnel is equipped with a sting support system 
mounted in the aft portion of the constant area section of 
tunnel. The motion of the support system is in the horizontal 
plane such that the model lateral axis was in the vertical plane 
as shown in Figure 2. 

A ground plane was installed in the tunnel working section 
for VTO and STC testing which provided a surrace with minimal 
boundary layer growth, and this boundary layer was minimized by 
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suction at a perforated surface upstream of the model location. 
Schematic details of the geometry of the ground plane and bleed 
system is shown on Figure 15. Views of the flow passages above 
and below the ground plane are presented in Figure 1b. 

The effects of the ground plane and its suction system upon 
the test section static pressure gradient were determined using 
the static probe shown in Figure 15. A description and results 
of the flow calibration are presented in Reference 7. 

The 9* X 9* LSWT-B Data System was used for recording the 
data on magnetic disc. The Acquisition System is a software 
controlled, Boeing designed. Standard Digital Data System (SDDS) . 
A PDP-8 computer is used for system control and on line "quick- 
look" data calculation with CRT output. A PDP-8/I is used for 
on/off-line final data calculation. 

3.3 Test Conditions and Procedures 

The model was tested in four basic configurations, which are 
defined as follows: 

• VTOL with flaps deployed, qear down, and engines tilted to 
80°, 90°, and 95°. 
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• STOL with flaps and gear down and engines tilted to 50°. 

• Loiter with flaps and gear retracted and nacelles off. 

Ihe conditions under whicn each was wind tunnel tested are 
summarized in Figure 17. Test variables included lift/cruise fan 
tilt angle, forward speed, thrust, pitch and sideslip angle, 
stabilator angle veil as component effects. In addition, the 
VTOL configuration was tested statically. Test conditions for 
the static test included: effects of landing gear, horizontal 
tail, yaw vanes and the effect of differencial thrust with the 
main gear doors on and off. Heigbc of the model reference point 
above the ground was varied from .0025 meters (0.1 incn) to 1.83 
meters (72 inches). 

The model fans were supplied with high pressure air from a 
plenum inside the model. This plenum is essentially part of the 
internal balance and the pressure level in the plenum has some 
effect on the balance outputs. The balance plenum pressure was 
always set and maintai n ed at a level of 41,4 bars (600 psig) for 
all tests, f*" calibrations, and balance calibrations. This 
procedure is standard with this type of balance and ensures that 
the measured force levels are not influenced ny balance pressure 
tares. Since the individual fan control valves are downstream of 
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thiij plenum there is still complete control of fan thrust without 
varying the balance plenum pressure. 

The high pressure air used to drive the fans was pre-heated 
to eliminate icing problems. During the initial calibration it 
was determined by observation of the fans that the minimum supply 
air temperatures at which visible ice would not form was about 
7 1 °C (160°F) as measured in the balance plenum. This temperature 
was used for all further testing. In the colder environment of 
the open circuit wind tunnel, it was occasionally observed that 
under some conditions ice could be seen on the fan shroud between 
stator blades. This condition would only last for a few minutes 
then the ice would fall off. 

Since warmed air was being carried across the internal 
balance it was necessary to establish procedures to minimize 
balance zero drift. During the static test it was found that by 
pre-warrring the balance to about 54°C (130°F) prior to recording 
zeros, the problem of balance output drift was minimized. 
However, during the wind tunnel test, it was not possible to 
maintain the balance at this temperature during a run because the 
heat input from the warmed air was not adequate in the presence 
of the large heat transfer from the model to the tunnel stream. 
This resulted in greater thermal gradients and consequently 
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somewhat greater balance output drift than these occurring during 
the static tests. 

A serious problem in measuring fan exit total and static 
pressures occurred during the static test: erratic readings were 
observed and were eventually traced to an accumulation of fan 
lubricating oil in the pressure measuring lines. This problem 
was apparently related to the large quantity of oil-mist which 
had to be supplied to the fan bearings. The oil-mist was blown 
into the bearing cavity and subsequently flowed out into the fan 
air- stream ahead of the pressure instrumentation. 

Because of this problem, RPM rather than pressures was used 
to reduce the static data. For the wind tunnel data it was not 
considered adequate to rely on PPM in the presence of the 
substantial levels of fan flow distortion and back pressure 
variati expected during forward speed operation at large 
nacelle xlt angles. The pressure measuring problem was 
eliminated, for the wind tunnel tests, by replumbing the model to 
utilize external rather than internal pressure scanning valves. 
This allowed the use of an existing system which was designed .o 
blow dry nitrogen from the pressure-scanner back through the 
pressure lines to remove any foreign matter. ’is was 
accomplished by using an automated system during the ott-3hift 
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which scavenged every pressure measuring line after each day's 
testing. The procedure was adequate to solve the problem, since 
some time was required to accumulate sufficient oil to afreet 
measurements. 

During both the static and wind tunnel tests, the fans were 
calibrated in place: in the st ,ic test facility the calibration 
consisted of positioning the complete model at about 1.8 meters 
(72 inches) above the floor and at an angle of pitch cf 15° to 
minimize the ground effects within the constraints of the support 
syscerr. Each fan was then run separately (lift cruise fans 
tilted to their 90° position) to determine the relationships 
between PPM and thrust as measured by the internal force balance. 
(Thrust was also computed from fan pressure instrumentation but 
due to the instrumentation difficulties mentioned above, this 
data was not utilized for the static test data reduction.) The 
fans were run at thrust levels up to ubout *C0 Newton's (90 lbs). 

In the wind tunnel similar calibrations were run, except that 
the tan efflux was directed outside the test section by means of 
a scavenging pice. This prevented re-circulation of the fan-flow 
around the model and also avoided inducing a flow velocity- 
through the wind tunnel by the ejector action of the fans. The 
pressure instrumentation difficulties of the static test had been 
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solved as mentioned previously, by utilizing the permanent tunnel 
scani-valve system, and the calibrations were used to relate the 
forces measured by the internal balance to those computed from 
the fan exit pressure instrumentation. 

The above calibrations established the basis for determining 
thrust during actual tests. In addition, a variation of thrust 
coefficient with back pressure was included in the data 
reduction. This relationship had been established during the 
initial calibration of each fan in the Flight Simulation Chamber. 

The calibrations are described in greater detail in Appendix 
B of Reference 1. 

For static testing the model was initially positioned with 
the landing gear clear of the ground plane by about .25 cm (.1 
inch). Each fan was set at a specified RPM value, selected to 
give the desired thrust level. The lift/cruise fans were 
generally sec to give about 350 Newton's (79 lb) thrust each and 
the nose fan was set to give an approximate pitching moment trim 
about th'" moment reference center. This value was computed from 
geometric considerations and varied with nacelle tilt angle as 
shown in Figure 18. certain runs were also made with the thrust 
intentionally unbalanced, either side to side or fore and aft. 
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The model was then traversed away from the floor with periodic 
stops for pressure stabilization and data recording. constant 
angle of attack was held throughout a height traverse. Due to 
ground effects the thrust levels (especially of the nose fan) 
tended to change somewhat with height above the floor. Xo 
attempt was made to maintain the original thrust levels. The 
control parameter was tip turbine supply pressure which was 
maintained constant during height traverses. 

During "ground effects" testing (in the 9' X 9* LSWT-B with 
the ground plane installed) the model support system was used in 
the translation mode. The model was translated from: wheels 
approximately 0.1 inch from the ground plane to 40 inches from 
the greund plane. Data was taken at fixed increments above the 
ground plane after translation was stopped to allow for pressure 
and temperature stabilization. Any attitude changes such as 
pitch or yaw was accomplished by pre-setting pcints in the sting 
support. 

vtol testing, in ground effect, was made at tunnel velocities 
of 15. 443 m/sec (30K) and 30.886 m/sec (60K) to simulate heavy 
gusts while the STOL ground effects tests were made between 33.44 
ir./sec (65 KTS) to 61.77 m/sec (12C KTS) . This resulted in thrust 
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coefficients as high as 22 for the VTOL configuration and as high 
as 5.5 for the STOL configuration during ground effects testing. 

Before the tunnel was brought up to speed, the vacuum pump 
controlling ground-plane suction was activated and generally a 
suction of .5588 m (22") Hq was established in the tunnel exit 
manifold. 

Tests conducted without the ground plane installed (i.e., out 
of ground effects) utilized the pitch mechanism which provided 
continuously variable model pitch angles from -8° to *14®, while 
maintaining the model pitch center approximately in the center of 
the tunnel flow. 

As with the ground effects tests, the desired variations in 
thrust coefficient (CJ) were obtained primarily by changing the 
tunnel speed at a constant fan thrust setting. The predominant 
thrust setting used corresponded to a fan pressure ratio of about 
1.14. The tunnel speeds were in the range 33 to 62 m/sec (65-120 
KTS) giving a CJ range of about 1.3 to 5.5 and corresponding to a 
Reynolds number range from .6 million to 1.2 million based on the 
model reference chord. However, partway through the test a model 
structural problem was discovered which required limiting the 
tunnel speed to about 46.33 m/s ec (90 XTS) compared to the 
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previously selected maximum of 61.77 m/sec (120 KTS) . Thereafter 
the lowest CJ value (CJ = 1.8) was run at a fan pressure ratio of 
about 1.10 while for all higher CJ values the -PF = 1.14 setting 
was maintained. 

The upper CJ limit of 5.5 was selected based on 
considerations of tunnel flow breakdown. While time did not 
permit a detailed study of that limitation, observations were 
made of tufts on the tunnel walls at several fixed angles of 
attack as CJ was gradually increased. These runs were made with 
the nacelle tilt angle set at 90°. It was observed that as CJ 
increased, the flow on the tunnel wall beneath and behind the 
model became increasingly rough. At V = 33.46 m/sec (65 KTS, CJ 
= 5.5) the region of rough flow had moved forward to a position 
under the model tail but there were no significant areas of 
reversed flow. However, when the speed was lowered to about 31 
m/sec there were large areas under the model where the flow was 
actually reversed. This was interpreted as a "flow breakdown" 
situation representing a region where valid free air testing was 
not possible. In no case was the tunnel flow observed to "climb 
the sidewalls" as has beer, observed during similar tests on other 
models for flow breakdown situations. It is wcrth noting that 
the test limit determined by this method is in good agreement 
with a detailed study presented in Reference 8. 
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The thrust balance among the three fans was generally set to 
provide approximate trim about the moment reference center for 
the static case. No attempt was made to readjust the initial 
static supply pressure values to allow for thrust changes or 
aerodynamic moments resulting from forward speed. 

In general, an angle of attack series was taken with angle 
increasing from -8° to *30°. It was noted that some hystereses 
existed and that for certain configurations this effect was 
appreciable. This phenomenon was not explored in any detail and 
in general the data presented are all on the same side of the 
hystereses loop. 

3.4 Data Acquisition and Reduction 

The data acquired during the wind tunnel test program 
included: 

• Model force and moment measurements (axial force, normal 
force, side force, and moments about the pitch, yaw and roll 
axis) from an internal, flow-thru, strain gauge balance. 

• Balance temperature as well as the temperature and pressure 
within the balance plenum. 
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• Jet efflux total pressure, static pressure and total 

temperature. 

• Pressure and temperature of the individual air supplies to 
power the three turbo- powered simulators. 

• Fan inlet total and static pressures. 

• Simulator RPM and bearing temperature. The bearing 
temperature was monitored but not recorded. 

• Test section conditions including static and total pressure 
and total temperature. 

• Model pitch and side-slip angles and ground height during 
wind tunnel tests; pitch and roll angle and ground height 
during static ground tests. 

The data was reduced both directly (thrust components 
included) and also with the direct thrust components of forces 
and moments, and ram forces and moments subtracted. A full 
description of the method and equations used are given in 
Appendix *C' of Reference 1. The forces and moments presented in 
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this report are the aerodynamic forces which include only the 
“induced" aerodynamic effect of the propulsion system. 

Corrections were made for tunnel wall constraints based on 
Heyson's Interference Theory and this is also described in 
Appendix *c* of Reference 1. 
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4.C TEST RESULTS 


The data presented in this section is in the form of 
summarized graphs comparing tnose forces and moments mostly 
influenced by the test configuration and which are pertinent to 
the discussion. The appendix includes all test data available, 
in the form of machine plots, these are listed at the front cf 
the appendix and each figure includes an identification of the 
test conditions. 

As mentioned in Section 3.4, the data presented in this 
report have had the direct thrust and ram forces removed. The 
resulting force coefficients are given the subscript "A" (e.g. , 
CLA) meaning aerodynamic. The relationship of the aerodynamic 
forces to the total model forces is illustrated in Figure T9 for 
a forward speed case representing a typical V/STOL lift-off 
condition. It shows that the aerodynamic forces are small 
relative to the total model forces. The aerodynamic data 
therefore represents the difference between two large numbers 
(total force minus thrust and ram forces). This has an effect or. 
the accuracy which can be achieved in the aerodynamic data. 

In using the data to predict airplane performance, the 
"thrust-drag” bookkeeping system must be taken into account and 
it should be noted that there is a difference between the systems 
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used for static data compared to that used for wind tunnel data. 
In using the static data, the full scale thrust out of ground 
effect should be applied since the backpressure effect on thrust 
is already included in the data. However, in using the wind 
tunnel data, any effects of backpressure on the full scale fan 
performance must be taken into account in the propulsion data 
used, since the thrust removed from the wind tunnel data was 
based on actual measur'd backpressure. 

Static data and low forward speed data (30.886 m/sec 60 kts 
and belcw) in ground effect are presented in the form of non- 
dimensionalized forces and moments, plotted against the height of 
the model reference point above the ground as a reaction of mean 
chord (HGT/C ) , The data was non-aimensionalized in terms of 
total gross thrust. 

The data presented for cases out of ground effect are in the 
usual aerodynamic coefficient form (see nomenclature). 

4.1 VTOL Configuration in Ground Effect 

4.1.1 Static hover characteristics. 

The characteristics of the basic VTOL configuration in the 
hover mode (A = 30°) , at zero forward speed, are discussed in 
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detail in Reference 1. In summary, the significant findings 
reported in Reference \ were that: with the model out of ground 
effect, a lift loss of approximately 2 % occurred. This loss 
represented the difference between the liit with all three fans 
operating versus the sum of the lifts produced by the individual 
fans. As the model moved into ground effects at a level 
attitude, no further lift loss occurred and in fact, ground 
effect was found to be favorable as shown rn Figure 20 for the 
basic model. As pitch angle was increased beyond 5°, a lift loss 
due to ground effect of 2% was found to occur. As the model was 
pitched nose down to -5°, a 7% lift increase occurred. The 
greatest lift loss measured during the static tests amounted to 
5 % and occurred at a combination of 10° of pitch ana 10° of roll. 

Further static ground tests were conducted to assess the 
effects of the landing gear in ground effect and the effects of 
thrust variations. The results of those tests are presented 
here in. 

The location of the landing gear is shown or. Figure 4, which 
indicates the proximity of the gear to the jet efflux in the VTOL 
mode. A test was completed to determine the effect of the 
landing gear on the induced aerodynamics during static VTOL 
operation. 
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Figure 20 presents plots of LA/F; DA/F and PMA/FXC versus 
non- dimensional! zed height above the ground plane. Since there 
was no forward speed, the forces and moments are referred to 
total gross thrust of the fans. It is evident that small changes 
of these induced forces occurred when the landing gear was 
removed. 

The effect of removing the gear on drag (longitudinal force) 
was to increase it (rearward force) by 1.5% to 2.5% of gross 
thrust over most of the ground height range for which data were 
obtained. A lift increase of approximately 1% occurred due to 
removal of the gear. It should be noted that repeat tests with 
the basic configuration: one made at the beginning of the series 
and one near the end did indicate a shirr in the absolute level 
of measured lift of about 2% of thrust (Reference 1) . Most of 
the test data presented in this section was obtained close to the 
latter test run which has been used tor comparison. The gear off 
case was tested between the two repeatability tests, it is 
possible, therefore, that the difference between the curves CLA 
vs HGT/C for gear on and gear off could be greater by 2% of 
thrust - the basic case moving more negative by that amount. 
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The effect on pitching moment was to introduce a nose down 
moment when the gear was removed, but again, the effect was not 
significant. 

The effects of applying differential thrust (reducing fan ’A' 
thrust to represent roll control) on the induced aerodynamics of 
the airplane at zero forward speed are shown on Figure 21. A 
slight increase in induced lift is apparent at HGT/c = 1.4 and 
2.26 as fan *A* thrust was reduced. There was a negligible 
effect on pitching moment (approximately 3* of control power) , 
but induced rolling moment was adversely affected at these 
heights (20% cf roll control power) . Close to the ground the 
induced moments augmented the thrust moment. 

The induced yawing moment (YMA/FXB) resulting from roll 
control by thrust indicates a significant coupling. The maximum 
side-to-side thrust variation available could produce yawing 
moments of up to 20% of the available yaw control power. Changes 
of side force were not significant however. 

To determine how the main landing gear center doors 
influenced the VTOL induced aerodynamics, tests were conducted 
with the doors removed while fan * A* thrust was varied. These 
results are also presented on Figure 21 (solid symbols), and show 
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that the doors produced a negative rolling moment (ACRMA = - . C0 1 ) 
at maximum thrust, combined with a small positive yawing moment 
(ACYMA = ♦.0007). 

To look at the effect of variations of total thrust, data was 
taken at various heights and at thrust levels of 73%; 86% and 
100%. These results are presented on Figure 22 which shows that 
at HGT/C = 7. '2, there was a negligible effect of changes in 
total thrust. At the two lower heights ground effect did have 
some influence but the variations in induced lift, drag and 
pitching moment with total thrust were small. 

4.1.2 Effects of Forward Speed 

Variations of asymmetric thrust were also tested at forward 
speeds of 30.386 m/sec '60 knots) and 15.443 m/sec 30 knots. Fan 
'3* was varied at 0 = 0 ° and the effect on lift, drag and 
pitching moment is shown on Figure 23. The data, indicates some 
change in induced pitching moment only (at 30.886 m/sec (60 
knots),. The induced lift increased slightly as was the case 
during the static tests. Changes in induced lift and drag due to 
asymmetric thrust at 15.443 ra/sec (30 knots) were negligible. 

A similar test was conducted at 0 - 10°; the rollinq moment 
variations with differential tnrust are compared for V = 30.886 
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n>/sec (60 knots) at $ = 0° € 10° on Figure 2* (a) and the yawing 
moment variations are compared on Figure 24(b). When 0=0° the 
effect of reducing fan 'B* thrust on induced rolling moment was 
negligible except at heights below 1.5c (Figure 24(a)) where an 
induced opposing moment of up to 23% of the estimated available 
rolling moment occurs. The thrust variation had little effect on 
yawing moment. Figure 24(b). 

At $ = 10° it was again at heights below 1.5C that the 
induced effect was most significant. Applying negative roll by 
reducing fan '2* thrust at HGT/C =1.0 resulted in an induced 
positive rolling moment equivalent to 16% of the available roll 
power. Feducing fan 'A* thrust also gave an opposing induced 
moment equivalent to 27% of the roll capability. When HGT/C = 
4.0 the maximum induced unfavorable rolling moment was equivalent 
to 16% of that available. 

The effect on yawing moment is favorable in that the 
reducticn cf thrust of fan 'A* or *B* tends to restore some of 
the yaw stability as the model approaches the ground. At heights 
above 2.0C the effect was not significant. 

side force changes due .o differential thrust were negligible 
at 30.866 m/sec (6u KTS) . 
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Data taken at 15.443 m/sec (30 KTS) ;, g = 10° was 
questionable due to large balance zero shifts, and because visual 
observations indicated a possibility of tunnel flow breakdown at 
this speed. The data is included in the appendix. 

4.1.3 Effect of Horizontal Tail 

The effect of the horizontal tail was investigated in the 
VTOL mode with no forward speed. The model was tested with 
horizontal tail ettings: - 0 ° and -19° and also with the 
horizontal tail removed. The results shown on Figure 25 indicate 
small changes in the induced effects of lift, draq and pitching 
moment. As the model was translated from ground contact an 
increase in induced lift occurred which reached a maximum of 3% 
gross thrust above the ground contact value at a height /chord = 
2.5 for the deflected tail condition -19°), but as the 
height increased further, lift equalized for all three conditions 
before HGT/C = 4.0, finally settling out with an induced lift 
loss equal to 2 % of total gross thrust. Neitner drag or pitching 
moment showed dramatic changes. 

At 15.443 m/sec (30 knots) and 30.886 m/sec (60 knots), che 
VTOL configuration was tested with the horizontal tail on at zero 
degrees deflection and tail-off. At 30.886 m/s ec (60 knots) 
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these cases were tested at model angles of attack of 0° and 5°, 
and at 15.443 m/sec (30 knots) they were tested at o = 5°. 

Figure 26 shows that at 15.443 u./sec (30 knots) a large 
induced lift occurred as the airplane moved away from the ground 
reaching 12.5% cf total thrust when HGT/C = 1.8, but this 

collapsed rapidly until at HGT/C = 2.75 the aerodynamic lift was 
only 2.5%. The tail effect was insignificant at this tunnel 
speed. 


At 30.8 66 m/sec (60 knots) ; (Figure 27) the aerodynamic lift 
did not show abrupt changes as occurred at 15.443 m/sec (30 
knots) , the lift increased steadily until hGT/C = 2.75 where it 
reached a maximum. With the horizontal tail off the maximum 
aerodynamic lift amounted to 17% of the gross thrust; when the 
tail was fitted (, 4 = 0°) a reduction of lift occurred amounting 
to ?% of gross thrust. This indicated a down load on the tail 
which is also indicated by the positive increase in pitching 
moment (Figure 27(b)). when the model angle of attack was set to 
5°, the lift curves and pitching moment curves were similar, 
indicating approximately 5° dcwnwash at the tail. 

4.1.4 Effect of Engine Tilt Angle 
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Engine tilt angles of 60°, 90°, 95° were tested at both 

15. ' 43 m/sec (30 knots) and 30. 893 m/sec (60 knots) with the 
horizontal tail off. These results are summarized in Figures 28 
(15.443 m/sec (3C knots)) and 29 (30.886 m/sec (60 knots)). A 
reduction in lift was found to occur when the tilt angle was 
changed from 90° to 95°. This probably resulted from the fan 
efflux impinging on the wing and flap system at X = 95°. 
Associated with the lift reduction was a general reduction in 
drag for X = 95° and more positive pitching moment. A unique 

reature of lift in ground effects at a forward speed of 15.443 
m/sec (30 KTS) is the large induced lift at one and a half chord 
heights. Tnis characteristic persisted at X = 95° but did not 
occur at X - 80°. 

u.1.5 Yaw Vane Control Effectiveness 

Yaw control in the VTOL configuration at low forward speed is 
achieved by yaw vanes mounted in the fan exhaust stream of the 
lift/cruise fans (A 6 B) and by varying the angle of the lift fan 
(C) exit doors. These devices are shown fitted in the 
undeflected position on Figures 7 and 9. 

A comparison is made at zero forward speed on Figure 30 
between cases with the yaw vanes undeflected and when deflected 
by 20°. At the higher ground heights fhe yaw vanes produced 
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yawing moments amounting to only half the desired value, that 
being AXMA/FXJ - -.028. An associated lift loss of 4% occurred 
at ground heights of 3 moael chords due to yaw vane deflection. 
A similar comparison is made on Figure 31 at forward speeds of 
15.443 m/sec (30 knots) and 30. 886 m/sec (60 knots); which shows 
that at 15.443 m/sec (30 knots) the yaw vane effectiveness as 
similar to the static case, but as the velocity increased to 
30.886 m/sec (60 knots), degradation of the yaw vane 
effectiveness occurred above heights of HGT/C = 1.5. 
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4.2 STOL Configuration in Ground Effect 

4.2. 1 Effect of Angle of Attack 

Figure 32 presents the angle of attack effect on lift, drag 
and pitching moment at CJ = 5.5 (typical at STO lift-off speed) 
with the horizontal tail at zero degrees. Cross plots of the 
lift, drag and pitching moment at ground heights relating to gear 
contact, one and four model chords are compared with free air 
data in Figure 33. The lift at gear contact and at a height of 
four mcdel chords compares well with the free air data. The lift 
drops off rapidly as the model was moved away from the ground 
plane reaching a minimum at a height of ore model chord. The 
lift less represents approximately a 3* loss in the total 
aerodynamic plus propulsion lift at typical lift-off conditions. 
The drag which was similar to free-air levels at lift-off 
conditions reduced significantly at heights from gear contact to 
four chord lengths as angle of attack decreased. 

Although the lift change with increased ground height was 
small at a = 0°, a significant change in pitching moment occurred 
(ACPMA = -0.49) between gear contact and 1.05 model chords. The 
effect of ground height on pitching moment at 8° and 14° angle of 
attack was smaller than at O = 0° but showed similar trends. The 
curves of CPMA versus a in Figure 33 show that the configuration 
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has longitudinal stability during the ground roll with a gradual 
degradation ot stability with ground height. 

4.2.2 Effects of the Horizontal Tail 

The effects of the horizontal tail upon the lift, drag and 
pitching moments of the STOL configuration in ground effect are 
presented in Figures 34, 35 and 36 for thrust coefficients of 5.5 
(33. 46 m/sec (65 knots)), 3./ (41.18 m/sec (80 knots)) and 1.8 
(46.33 n/sec (90 knots)). The results indicate, as shown earlier 
for the VTOL case, that the effect of the horizontal tail at A* - 
0° was to reduce the lift and provide a nose-up change in 
pitching moment. The largest lift loss (Ac LA = 0.2) occurred at 
the highest thrust value as did the smallest amount of pitch-up. 

The horizontal tail effectiveness for the STOL configuration 
was investigated at airplane angles of attack of 9° and 14° for 
CJ values of 1.8, 3.7 and 5.5. Figure 37 compares tail setting 
angles cf s = 0° and s = 10° for the three CJ values. The 

aerodynamic pitching moment is plotted versus height of the 
airplane reference point above the ground plane (CPMA vs HGT/C) . 
It can be seen that at CJ = 5.5 and d= 8°, a significant 
negative pitching moment change occurred when 10° compared to 

~ 0°: at HGT/C = 4.0 ACPMA = -.34. At a = 14°, nowever, a 

slight positive change in pitching moment occurred. 
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Large Variations in pitching moment are indicated as the 
model moved away from the ground plane, first increasing 
negatively (nose-down) then positively (nose-up). The tail off 
case shows similar changes suggesting that it is a wing/body 
effect rather them a phenomenon associated with the horizontal 
tail. 


At CJ = 3.7, a similar trend occurred but the incremental 
changes for a = 14° were smaller, then as CJ decreased further to 
CJ =1.8, changes in the trend are apparent: at O = 8 o, Oo, 
an increase in negative pitching moment is shown until HGT/C = 
1.5 where CPMA = -0.8; as the model moved further from the ground 
plane a relatively small decrease in negative pitching moment is 
indicated. At O = 8°, 10° the tail contribution was ACPMA = 
-.2 giving CPMA = -1.0 when the model height /chcrd ratio was 1.5 
which then remained virtually constant as the model height 
increased to 4.26. The tail effectiveness was less at a = 14° 
and the tail contribution to pitching moment decreased to zero 
when HGT/C = 4.5. 

The effect of thrust on horizontal tail effectiveness is 
summarized on Figure 38, which compares the free air data with 
ground effect data. This shows that at a = 8° and a model 
height/chord ratio of approximately 4.0, the tail control 
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effectiveness was similar to free- air data but when the model 
height was reduced to "gear contact" the tail effectiveness was 
reduced by 50%. At a = 14°, the tail control effectiveness was 
virtually zero. 
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4.3 STOL Lateral and Directional control Effectiveness 

Out of Ground Effect 

4.3.1 Aileron Effectiveness 

Two aileron deflections: 6A = 15° and 25°, were tested on the 
STOL configuration (A = 50°: gear, flaps and slats deployed; ^ = 

10°) at a tunnel velocity of 41.18 ra/sec (80 knots) ; and CJT = 
3.64. In both cases, they were deflected through equal angles 
with the portside aileron deflected down and the starboard side 
aileron up, to give positive rolling moment. 

The aileron effectiveness is summarized by Figure 39, which 
compares the rolling moment coefficient of the three conditions: 
6A = 0°, 15° and 25°. The data at <5 a = 0° indicates the model 

has a residual rolling moment of about -.012 over most of the 
angle of attack range. The data at 6A = 15° is questionable 
because of a large balance zero shift on rolling moment which 
occurred durinq the run. The data at 6 A = 0° & 25° did not have 
a significant zero shift. Also plotted on Figure 39, is the 
variation of rolling moment with speed tor the 25° aileron 
deflection which shows the speed, above which augmentation from 
the propulsion system is not required is 46.84 m/sec (91 KT£) . 
The rolling moments were not significantly affected by increasing 
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angle of attack except near CLMAX. It appears that the right 
wing consistently stalls before the left. 

The value of the rolling moment achieved was less than would 
be predicted by using plain flap effectiveness tor this NACA 
sec* ion. 

4.3.2 Rudder Ef fecti veness 

The STOL configuration ( A = 50°, flaps, slats and gear 
deployed) with horizontal tail jds= 10°, was tested at 41. 18 m/sec 
(80 knots); with CJ = 3.7 to determine the effectiveness of the 
rudder. Three runs were made: a basic condition ( 6 = 0O; 6R = 
0°); then £ = 10°, 6R - 0°; and 0 = 10' 5R = 15°. These results 
are summarized on Figure 40 which presents the airplane 
aerodynamic moment coefficients versus angle of attack. 

The effect of sideslip was directionally destabilizing for 
this configuration, particularly at low angles of attack; at a = 
0° ACYMA = -.022 for an application of £ = 10°. The 
destabilizing effect reduced as angle of attack increased and th? 
configuration became neutrally stable at a = 9°; further increase 
in angle of attack produced stabilizing yawing moments. 
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The effect of sideslip on rolling moment was favorable 
producing ACRMA = -.068 at =8°. 

A positive change in pitching moment resulted from positive 
sideslip at low angles of attack; (ACPMA = +.25 at Cl = 0°), but 
the effect reduced as angle of attack increased, reaching a 
negligible amount at a = 10°. 

With the application of rudder: = -15° (trailing edge to 
starboard) a small positive change in yawing moment can be seen 
at positive angle of attack reaching a maximum ACYMA = +.008. 
Rolling moment was pushed further negative (ACRMA = -.02 for AR = 
-15° at • = 0°) and pitching moment increased further in a 
positive direction (ACFMA = .015). The required yawing moment of 
27341 Nkn (20,166 lbs/ft) to achieve a desired angular 
acceleration of 0.2 radians/sec*, would be developed at 113.76 
m/sec (221 knots) using the rudder effect shewn. It should be 
noted that the rudder effectiveness may well have been diminished 
by the non- representative nacelle fairings discussed in Section 
3. 1. 


4.3.3 Vertical Tail Effectiveness 

The yawing moment and rolling moment characteristics versus 
angle of attack for vertical tail-on and vertical tail-off are 
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shown in Figure 41 (when the vertical tail was on, the horizontal 
tail was also fitted at 10°) . A restoring yawing moment was 
produced by the tail of approximately Acyma = .007 in the range 
of a = 0 to 10°, whereas a change in yawing moment coefficient 
based on the tail alone, at a control surface angle of attack of 
10°, is calculated at approximately .05. 

Oil-flow visualization of the STOL configuration indicated 
that the large region of separated flow behind the nacelles 
produced vortices which swept a significant portion of the 
vertical tail (Figure 42) making it largely ineffective. The 
non- representative fairings attached to the nacelle were a major 
factor in the poor flow quality in this region. 
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4.4 Configuration Characteristics with L/C Fan Nacelles Removed 

4.4.1 Effect of Horizontal Tail 

The basic wing-body-tail configuration (flaps, slats and gear 
stowed, lift- fan doors closed) was tested at (61.77 m/sec (120 
knots)); with two horizontal tail settings; 0° and +10°. The 

tail contribution to lift can be seen on Figure 43; at o = 0° the 
increment of lift q" .• to the tail ( j£= 10°) was 6CLA = .12; this 
represented a change in CL (tail) = 0.988 which agreed closely 

with the theoretical value based on a NACA 0012 airfoil. The 
horizontal tail had a tip contour of NA.CA 0010 and root contour 
of NACA 0015 (Figure 10). 

The tail lift (at = 10°) produced a nose down pitching 

moment equivalent to ACFMA = -.225 which was consistent with a 
calculated value based on the horizontal tail moment arm. 

As the airplane angle of attack was increased, the horizontal 
tail lift increment {A- 10 °) remained virtually constant until a 
= 7° atte which the tail became progressively more ineffective 

as angle of attack increased apparently due to the tail stalling. 
At CLMAX there was practically no effect of tail angle between sds 
= 0 ° ♦ 10 °. 
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A comparison of the horizontal tail off condition and = 0° 
(Figure ui) indicates that the tail was stabilizing up to CLMAX. 

The effect of the horizontal tail angle on other airplane 
aerodynamic components was not significant. 

4.4.2 Effect of Sideslip 

The basic configuration with nacelles removed was tested for 
the effect of sideslip with the horizontal tail set to +10°. 

Figure 44 compares 0 = 0° with 0 - 10° ard shows the effect of 
angle of attack on CYKA. A stabilizing yawing moment resulted 
when positive sideslip was applied and the value ACYMA = 0.13 
retrained fairly constant over the range of angle of attack up to 
CLMAX. Rolling moment was also stabilizing as angle of attack 
increased. Figure 44 indicates an increasing negative value of 
CFMA with angle of attack for 8 = 10° of from CRMA = -.003 (a = 
0°) to CRMA = -.024 (a= 16°). 

A sliqht nose down pitching momant (ACPMA - -.05 at a = 8°) 
resulted from the application of positive sideslip which was 
almost constant with angle of attack (Figure 44). This probably 
resulted trom u change of wing pressure distribution since the 
change in total lift was not 'ignificant. 


49 



5.0 CONCLUSIONS 


Ground tests ■>». th*» VTOL configuration showed: 

• Differencial thrust (side-to-side) simulating roll control 
during hover, induced rolling moments which opposed the 
thrust control power at ground heights cf 1.4 model chords 
and above, and augmented the thrust control near the ground, 
'’’he induced moments ranged up to 20* of the available thrust 
control power about the roll axis. 

• Presence of the landing gear produced a 1* lift loss with the 
model hovering in ground effects. 

• The horizontal tail produced a down load when set at zero 

incidence during hover. Removing the horizontal tail or 

setting it at an incidence of -20° resulted in a 2* lift 

increase. 

• The yaw vanes located in the efflux of the three fans were 
found to produce only half of the desired moments (AYMA/F^b = 
.028) during hover. The vane effectiveness was unchanged by 
forward speed to 15.44 n/sec (30 knots) but diminished with 
increased speed at ground heights above 1.5 model chords. 
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Tests of the STO configuration in ground effects showed: 


• At typical lift-off conditions the lift at gear contact and 
at a height of four model chords compares will with free air 
data but the lift dropped off approximately 20% as the model 
moved away from the ground plane, reaching a minimum at a 
height of one model chord. 

• The configuration had longitudinal stability during ground 
roll with a degradation of stability as height increased to 
4.0 chord lengths. 

• H-tail effectiveness was similar to free-air data at a height 
of 4.C chord lengths but was reduced by 50% at gear contact. 

• Aileron and rudder effectiveness were determined with the 
STOL configuration out of ground effect. The aileron 
effectiveness continually increased to aileron deflections of 
25°. The ailerons can produce adequate rolling moment for a 
desired angular acceleration of .6 radians/sec 2 about •'■he 
roll axis. 

With the L/C nacelles tilted to 50° for STO operation, the 
rudder produced a yawing moment of only .005 with 15° of 
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was tested. This 


deflection. Only one deflection angle 
yawing moment is inadequate to produce a desired 
acceleration of . 2 radians/sec* in yaw. 


angular 
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FIGURE 19 RELATIONSHIP OF AERODYNAMIC FORCES TO TOTAL FORCES 
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APPENDIX 


Computer-Plotted Test Data 

This appendix contains plots of all valid data runs obtained 
during wind tunnel testing under IRSD. The plots consist of the 
following: 

In Ground Effect 

LA/F vs HGT/C 
DA/F vs HGT/C 
PMA/F vs HGT/C 
YMA/F vs HGT/C 

RMA/F vs HGT/C > Asymmetric runs only 
SFA/F vs HGT/C 

Out _ of _Gr pup d_ Eff ect 
CLA vs ALPHA 
CDA vs CLA 
CDA vs ALPHA 
CPMA VS ALPHA 

> 

CYMA vs ALPHA 

CRMA vs ALPHA Asymmetric runs only 

CSFA vs ALPHA 
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The aerodynamic data presented in this section contains 
propulsion induced effects; the direct thrust, ram and tunnel 
interference effects have been removed. h discussion of the 
method used in making these adjustments is provided in Reference 
1 . 
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COMPANY 


Model Nomenclature 

The plots in this appendix contain a shorthand notation to designate the 
specific model configuration. This notation is defined as follows: 

Cl Trailing edge flaps deflected 

Trailing edge flap door down 
Leading edge slat extended 

Nose fan doc*"s in open position (both upper & lower) 

Basic nacelles and nacelle - fuselage fairings installed 

C2 Same as Cl excppt trailing edge flap door is up 

(i.e., it is aligned with the basic trailing 
edge flap) 

C3 Trailing edge flaps deflected 

Trailing edge flap door up 
Leading edge slat extended 

Nose fan doors in closed position (both upp' 1 ^ & lower) 

Basic nacelles and nacelle - fuselage fairings installed 

C4 Trailing edge flaps & flap door nested 

Leading edge slat nested 

Nose fan doors in closed position (both upper & lower) 

Basic .acelles and nacelle - fuselage fairings installed 

C5 The lift/cruise nacelles and the portion of the nacelle - 

fuselage fairing attached to the nacelles are removed from 
the model. The resulting cavities on the body sides are 
tapeu over for a smooth fairing. 

Nose fan doors in closed position 
Leading edge si?t nested 

Trailing edge flap position as noted by ”F" designation 
G Main and nose landing gear and landing gear doors installed 
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V 

H 

F25/2S 

F25/110 

Note: 

Example: 


Vertical tail installed 

Horizontal tail installed 

Trailing edge flap deflected 

"railing edge flap door aligned Hth flap 

Trailing edge flap deflected 
Trailing edge flap door down 

Cl thru C5 do not have tail surfaces and gear installed 
unless followed by the appropriate symbols, 

C1GVH is Cl with gear, vertical tail and horizontal tail 
installed. 
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